The NASA STI Program Office . . . in Profile Since its founding, NASA has been dedicated to the advancement of aeronautics and space science. The NASA Scientific and Technical Information (STI) Program Office plays a key part in helping NASA maintain this important role.
The NASA STI Program Office is operated by Langley Research Center, the Lead Center for NASA's scientific and technical information. The NASA STI Program Office provides access to the NASA STI Database, the largest collection of aeronautical and space science STI in the world. The Program Office is also NASA's institutional mechanism for disseminating the results of its research and development activities. These results are published by NASA in the NASA STI Report Series, which includes the following report types:
TECHNICAL PUBLICATION. Reports of completed research or a major significant phase of research that present the results of NASA programs and include extensive data or theoretical analysis. Includes compilations of significant scientific and technical data and information deemed to be of continuing reference value. NASA's counterpart of peerreviewed formal professional papers but has less stringent limitations on manuscript length and extent of graphic presentations. TECHNICAL MEMORANDUM. Scientific and technical findings that are preliminary or of specialized interest, e.g., quick release reports, working papers, and bibliographies that contain minimal annotation. Does Introduction A general need for light weight, low power (sub-0.5 kW) ion propulsion technology has been identified for small spacecraft exploration missions,'-3 with thruster lifetime requirements as high as 14,000 hours (at 0.2 kW) and a total-impulse requirement of 3 . 0~1 0~ N-s.' A xenon ion propulsion system with a throttleable 0.5-2.3 kW 30 cm diameter ion thruster is currently under development by the NASA Solar Electric Propulsion Technology Application Readiness (NSTAR) Program for use on planetary science spacecraft: This system is rapidly approaching flight status and is scheduled to be used for primary propulsion on the New Millennium Deep Space-1 mission.
The NSTAR system, however, is not an optimal high specific impulse option for very small spacecraft, because of the inherent limited power, volume, and thermal control capacity available on-board. Previous development efforts have brought low-power ion thrusters to a high state of technology readiness, including a flight-type mercury ion thruster:'6 as well as the Hughes 13 cm xenon ion thru~ter.~ However mercury propellant is no longer a viable option, and the Hughes thruster may not be optimal for small spacecraft from a mass standpoint.
To address these requirements, an effort continues to examine scaling relationships/design criterion for low power ion systems. This development effort to date has led to the fabrication of a small (8 cm beam diameter) 0.25-kW class laboratory model ion thruster, and the fabrication and testing of low-flow rate hollow cathode technology. Development objectives for the 8 cm thruster include a thruster lifetime of 2 8000 hours at full power (0.3 kW), corresponding to a total impulse capability at full power of approximately 3 . 3~1 0~ N-s or equivalently, 11 kg of xenon.' Additionally, a parallel effort to develop a breadboard power processor for operation in the 0.1-0.3 kW power range is ~n-going.','~ This paper discusses the preliminary performance data obtained for an 8 cm laboratory model (prototype) xenon ion thruster operating over an input power envelope of approximately 0.1 kW to 0.3 kW. The performance characteristics of thruster components, including discharge chamber, ion optics, and discharge and neutralizer cathodes, are also documented.
Prototype Thruster Design This section briefly describes the mechanical design of the prototype 8 cm ion thruster. The thruster, less plasma screen, is shown in Figure 1 . The neutralizer assembly, an open-keeper configuration, is shown in Figure 2 .
Ion Optics For these preliminary performance characterizations, the 8 cm thruster used a 2-grid molybdenum electrode configuration assembled from flight spare hardware originally developed for the Ion Auxiliary Propulsion System (IAPS) Mercury 8 cm thru~ter.~"' The optics have an electrode geometry (hole diameter and pattern, ' Aerospace Engineer, Member AIAA NASADM--1999-208822 1 electrode thickness, and interelectrode gap) identical to that used in the 30 cm NSTAR thruster ion optics. These include a screen electrode thickness of 0.38 mm with hole diameters of 1.9 1 mm, and accelerator electrode thickness of 0.5 1 mm with hole diameters of 1.14 mm.
Notable exceptions to the NSTAR configuration include the beam diameter, the electrode mounting system, and the direction of the electrode dish. The mounting system used for the thruster optics differs from that implemented on the NSTAR thruster in both material and configuration. The electrodes do not incorporate stiffening or mounting rings, but are mechanically supported in four places around the electrode periphery by insulated posts brazed to the electrodes (see for example Fig.12 of reference 11). These posts then directly interface to the thruster discharge chamber. The inner electrode of the ion optics is electrically-tied to cathode potential. Additionally, the ion optics for the 8 cm have a concave, or "dished-in," direction of curvature, opposite that employed in the NSTAR thruster. This feature reduces the near-field beam spread, potentially allowing for easier thruster integration on small spacecraft.
Discharge Chamber
The thruster performance and lifetime objectives necessitate that the discharge chamber operate at high values of electrical and propellant efficiency. As such, emphasis has been placed on modeling and optimization of the discharge chamber magnetic circuit design to ensure that acceptable discharge losses and voltages are achieved. Much of this work, performed without beam extraction, is documented in a companion paper."
A multiple-ring, ring-cusp magnetic configuration composed of permanent magnets was selected for the thruster discharge, with the discharge chamber surfaces constructed of a non-ferromagnetic material. The advantage of using a high-magnetic flux rare-Earth permanent magnet configuration is that it efficiently contains the primary electrons, and permits high efficiency discharge operation at low values of discharge voltage.
The prototype thruster discharge chamber is shown on its test stand in Figure 1 . The design uses a conic discharge chamber, which transitions into a cylindrical region upstream of the ion optics. This partial-conic design is inherently more rigid and occupies less volume than conventional cylindrically-shaped thrusters which use large, flat circular rear walls, while still exhibiting good discharge characteristics and promoting a uniform plasma distribution across the exit plane. All discharge chamber surfaces are at anode-potential.
The appropriate discharge chamber length for the thruster was established from neutral loss rate considerations, and the thruster performance targets.' A reverse-feed main plenum is also used in the discharge chamber to increase the propellant efficiencies at throttled power levels.
For performance characterizations of the thruster, lowpressure high-voltage propellant isolators, identical to those implemented on the NSTAR 30 cm thruster, were used on the discharge cathode and main plenum propellant lines. This isolator design, with cylindrical geometry of 3.9 cm diameter and 3.6 cm length, has greater than 400 volts margin over the range of propellant line pressures and beam voltages corresponding to all thruster operating conditions. An alternative propellant isolator design, one substantially more compact in geometry (0.64 cm dia. by 2.2 cm length), is under development for this small thruster but was unavailable at the time of these tests.
Discharge and Neutralizer Cathodes
The cathodes used in the thruster discharge and neutralizer are constructed from 3 mm diameter tube/electron emitter technology. They consist of a hollow cathode sub-assembly composed of a high temperature refractory alloy tube and an electron emitting insert impregnated with a low-work function compound. Both assemblies also use a swaged heater used for cathode activation and ignition. The cathode tip orifice diameters for the discharge and neutralizer cathodes were sized to ensure stable long-life operation over the range of anticipated emission currents. The aspect-ratio of the cathode orifice region was adjusted to yield a high ratio of emission current-to-flow rate.
The discharge cathode emission current requirements were estimated (pre-test) to be in the range of about 1.0 A to 2.0 A over the 0.1 kW to 0.3 kW thruster power envelope. In these series of tests, no discharge cathode keeper or starting electrode were used to facilitate ignition or protect the cathode from discharge ion erosion (as is employed in the NSTAR thruster). Ignition and steadystate operation of the discharge was achieved by directcoupling to the anode.
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The prototype neutralizer assembly employs an openkeeper geometry hollow cathode, as identified in Figure  2 . A modest level of design optimization of the neutralizer was conducted (operating in a simple diode, and triode, configuration) prior to integration of the assembly with the thruster. This activity primarily focussed on examining the effect of keeper electrode configuration and cathode-keeper gap on reducing keeper input power, propellant flow rate, and beam coupling voltage.
Apparatus and Procedure
The following section briefly discusses the test support equipment and procedures used to conduct the performance assessment of the ion thruster.
Power Supplies
Operation of the prototype thruster with beam extraction was conducted using a power console originally developed for the NASA 30 cm thru~ter.'~ A breadboard power processor for the small thruster was also used for some of the performance tests, and these data are discussed in a companion paper." The thruster uses 4 power supplies for steady-state operation, with 2 additional power supplies for start-up of the discharge and neutralizer cathodes. Beam power supply voltages ranged from about 800-1250 V, while the accelerator power supply voltage was operated between -200 V and -300 V.
Propellant Management
An inert gas feed system was designed and constructed for performance assessments of the 8 cm thruster. The feed system minimizes contaminants in the gas supply by using high purity xenon and by using construction techniques which limit the introduction of contaminants into the gas stream. The feed system also has an in-situ propellant flow rate calibration capability, achieved by a volumetric method, which can verify the accuracy of the flow rate readings, while the thruster is operating, to within 2% of the reading. The feed system also is capable of controlling the propellant flow rates to within 0.05 sccm (1% of full-scale) to each of the three propellant lines into the thruster (discharge and neutralizer cathodes, and main plenum).
Test Facility
The test facility (Vacuum Facility #11 at NASA LeRC) consists of an aluminum vacuum chamber of approximately 2.3 m in diameter and 4.6 m in length. The pumping train includes a two-stage blower system backed up by a roughing pump. The chamber is equipped with four 0.9 m diameter helium refrigerator cryopumps. At the flow rate corresponding to the full-power condition, the background pressure is I 3 . 9~1 0 -~ Pa ( 2 . 9~1 0 -~ torr).
The test facility includes a test port of 0.9 m diameter consisting of a 1.1 m long spool piece and an isolation valve. The thruster and propellant feed system are mounted onto a test cart, with a flange that mates to the 0.9 m diameter spool piece. The test port allows the thruster to be installed and removed from the vacuum chamber rapidly, without bringing the entire chamber to atmosphere.
Procedure
The thruster was operated under manual control for all performance testing. Data were recorded from calibrated digital metering. All thruster performance data were corrected for thrust losses associated with beam divergence and doubly-charged ions. Total thruster efficiency and specific impulse calculations included losses associated with accelerator drain and neutralizer power, and neutralizer cathode propellant flow rate. All propellant efficiencies included a correction to the mass flow rate for propellant ingested from the facility. A detailed discussion of the thruster performance calculations can be found in references 14, and 15.
Thruster Performance Preliminary performance data for the thruster were obtained over a 0.1 kW-0.3 kW power envelope. The thruster performance characteristics presented in this section include discharge chamber, ion optics, cathode, and overall thruster efficiency. Figure 3 shows the measured discharge chamber losses, in watts per beam ampere of ion current, as a function of thruster input power, over the 0.1 kW-0.3 kW power range investigated. The corresponding propellant efficiencies for these conditions varied from about 0.68 to 0.78, corrected for both ingested flow and doublycharged ions. All data were obtained at low values of discharge voltage which should provide long life operation (25-32 V, with most data at I 29 volts). Maximum magnet temperatures, at the discharge power level corresponding to 0.3 kW (as measured without beam extraction), were measured to be about 230 degrees C; well below the temperature expected to yield any k v e r sible losses.
Discharge Chamber
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As indicated in Figure 3 , the discharge losses vary from about 320-380 W/A at 100-1 10 W, down to about 220-250 W/A at 270-3 10 W input power. Scatter in the data reflect some variation in the propellant efficiency and discharge voltage at each thruster input power. The data indicate a general decrease in discharge losses with input power. This would be expected with increasing power (beam current) due to an increase in discharge plasma density and enhanced electron ionization efficiency.
Also plotted on Figure 3 are the previously-published performance targets for this small thruster discharge chamber, which range from about 330 W/A at 100 W to 266 W/A at 300 W.' As indicated, the discharge chamber performance documented here meets or exceeds these levels at all but the lowest input power, albeit at somewhat lower propellant efficiency. Figure 4 shows the discharge losses, in watts per beam ampere of ion current, versus discharge propellant efficiency for several thruster input power levels. As indicated, the baseline discharges losses decrease with increasing input power, with the knee of the characteristic at about 0.73-0.75 propellant efficiency.
Ion Optics
As indicated previously, a 2-grid ion optics system originally developed for the I N S thruster, was used. The electrodes were pristine, and were set with a cold interelectrode gap of 0.66 mm, with screen grid and accelerator grid open-area-fractions of 0.67 and 0.24, respectively. For these tests, no procedures were employed to optimize ion optics configuration or performance beyond an initial alignment and cold gap setting. Over the course of the testing, few high voltage breakdowns were experienced; typically less than 0.2/hour. Normalizing the perveance to beam area, the performance of these optics compare favorably (to within 2%) to that obtained and reported for 30 cm (28.2 cm effective beam diameter) optics of comparable electrode geometry and cold interelectrode gap.'4 This is somewhat surprising in that the interelectrode gap for the concave-shaped 8 cm optics would be expected to increase from their initial cold value, and result in lower perveance, while the convex-shaped 30 cm optics gap should decrease, yielding higher perveance. The ratio of the accelerator drain current-to-beam current, JJJ,, is about 0.5% for all operating conditions. At the associated discharge propellant efficiencies (I 0.78), the baseline accelerator current is likely primarily chargeexchange ion current, with little direct-impingement.
Discharge and Neutralizer Cathodes
After an initial pre-heat of approximately 2.5 minutes, discharge and neutralizer cathode ignitions were typically achieved using an open-circuit voltage of 40 volts, at xenon flow rates corresponding to full power operation (approximately 0.22 mg/s for the discharge cathode, and 0.06 mg/s for the neutralizer cathode). The discharge cathode emission current requirement varied from about 1.0 to 1.6 A over the 0.1-0.3 kW power range. The fraction of the total discharge propellant flow rate through the cathode varied from about 50% at 0.1 kW to as high as 100% at full power.
For these preliminary tests, the neutralizer cathode was designed with an open-keeper configuration (see Fig. 2 ). Figure 7 shows the typical values of keeper current and power, over the range of thruster input power levels. As indicated, the keeper current in general decreased with thruster input power, and varied from about 0.28 A down to 0.20 A, while the total emission current varied from about 0.33 A to 0.39 A. The corresponding keeper power varied from about 9.9 W at 0.1 kW thruster input power, down to a minimum of about 3.6 W at 0.3 kW thruster NASADM--1999-208822 4 input power. At these conditions, the neutralizer propellant flow rate varied from 0.05 -0.06 mg/s (0.54 -0.61 sccm). For all operating conditions, the neutralizer coupling voltage (potential difference between neutralizer-common and facility ground) was between 15.9-17.9 volts in magnitude.
While the neutralizer cathode performance is representative of state-of-the-art, an additional factor of 2 reduction in keeper current will be required to achieve the published performance goals for the neutralizer.' This reduction in keeper power is likely achievable via improved thermal design, and via modifications to the cathode and keeper orifice plates to reduce ion recombination losses.
Overall Thruster Efficiency
Characterization of overall thruster efficiency was accomplished by establishing the discharge chamber operating conditions at a given beam current, adjusting the neutralizer to an optimal condition, and adjusting the total accelerating voltage. The total accelerating voltage was established with appropriate voltage margin from the perveance-limited current, and with a net-to-total accelerating voltage in the range of 0.75-0.85 while maintaining an electron backstreaming margin of greater than 100 volts. The difference in demonstrated versus target values can be accounted for by a lower-than-anticipated discharge chamber propellant efficiency, and high neutralizer input power. Additional refinements in neutralizer design alone, however, are expected to increase thruster efficiencies by at least 3 percentage points over the power range. Development Activities Refinements in thruster mechanical design, and additional performance documentation, are warranted (using laboratory-class hardware) prior to fabrication of an engineering model 8 cm thruster. These refinements will focus on improving overall thruster efficiency by decreasing the discharge neutral loss rate (while maintaining or decreasing the electrical losses), as well as by further reductions in neutralizer power and propellant consumption. Other thruster activities will include documenting the power-throttling envelope of the thruster, including determining thermal limits, and quantifying the near-field beam, including charge-state.
Summary
As part of an activity to address the need for a light weight, low power, high specific impulse propulsion option for small spacecraft, a sub-0.5 kW, 8 cm beam diameter, prototype ring-cusp ion thruster, and associated test support equipment, were fabricated. A preliminary performance assessment of the thruster on xenon propellant was completed over an input power envelope of 0.1-0.3 kW, and the operation of various components were documented. Overall thruster efficiencies varied from about 0.31 at 1750 seconds specific impulse and 0.1 kW, to about 0.48 at 2700 seconds specific impulse and 0.3 kW input power, and these values compare favorably to other thrusters operating in this power range. Further improvements in discharge chamber and neutralizer design to increase overall thruster efficiency are anticipated. NASADM--1999-208822 11
